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NOMENCLATURE

 

A - Thrust Vector  

AARC - Ad Astra Rocket Company 

CDV - Cargo Delivery Vehicle 

CTV - Crew Transfer Vehicle 

DRM - Design Reference Mission 

EELV - Evolved Expendable Launch Vehicle 

EEV - Earth Entry Vehicle 

ERV - Earth Return Vehicle 

GNC - Guidance, Navigation and Control 

GUI - Graphic User Interface 

HOT - Hybrid Optimization Technique 

IMLEO - Initial Mass at LEO [kg] 

Isp - Specific Impulse 

LEO - Low Earth Orbit 

LLO - Low Lunar Orbit 

LMO - Low Mars Orbit 

ML - Mars Lander 

MP - Propellant Mass [kg]  

MPL - Payload Mass [kg]  

MPT - Propellant Tank Mass [kg]  

MSA - Solar Array Mass [kg]  

MSR - Mars Sample Return 

MT - Mass of Thruster [kg]  

OTV - Orbital Transfer Vehicle 

P- Power [kW]  

R - Radius Vector  

SOI - Sphere of Influence 

V - Velocity Vector  

VASIMR® - Variable Specific Impulse 

Magnetoplasma Rocket 

VX-200 - VASIMR® lab experiment at 200 kW 

 h- Total Specific Mass [kg/kW]  

ShA - Specific Mass of Solar Arrays [kg/kW]  

Th - Specific Mass of Thruster [kg/kW]  

h - Power Efficiency  

 



JSC- 65825  

1 of 24 

Section 1.  Flexible Mission Strategies  
 

Space exploration can greatly benefit from the high-power electric propulsion capabilities the Variable 
Specific Impulse Magnetoplasma Rocket (VASIMR®) provides.  When combined with chemical rocket 
technologies in a flexible architecture, the VASIMR® allows new and dramatically improved mission 
scenarios to be considered.  Employing existing state-of-the-art solar cell technology, VASIMR® is able to 
achieve dramatic propellant mass savings to move payloads near Earth and preposition payloads for 
assembly near the moon, ǘƘŜ ŜŘƎŜ ƻŦ 9ŀǊǘƘΩǎ ƎǊŀǾƛǘŀǘƛƻƴŀƭ ǎǇƘŜǊŜ ƻŦ ƛƴŦƭǳŜƴŎŜ, and beyond.  Robotic 
prepositioning of assets at key locations in space allows cost and risk to be reduced for later transits 
between staging locations.  The possibility of multi-megawatt power levels also allows VASIMR® 
technology to significantly reduce the travel time and improve abort options for human interplanetary 
missions between staging locations near the Moon and Mars. Power levels ranging from currently 
available solar technologies to those requiring the future development of nuclear-powered systems are 
considered.    
 
In Section 2 of this report, we describe the various strengths, limitations, and assumptions of mission 
software tools used for this study.  The capabilities enabled by VASIMR® technology are then examined 
using a piece-wise approach built on three maneuvers: transfer from low Earth orbit to staging locations 
in near-lunar orbit, transfer from near-lunar orbit to more distant objects (including robotic transits to 
Mars or the outer planets), and finally human missions to Mars.  
  
In Section 3, we give the parameters and assumptions typically used for these studies, unless stated 
otherwise in the specific study. 
 
In Section 4 we describe mission capabilities near the Earth and the Moon using a VASIMR® with realistic 
mass and performance values based on results from the VX-200, a VASIMR® laboratory experiment 
operating at 200 kW, and the VASIMR® flight design, VF-200, operating at 200 kW. These near-Earth 
missions include cost-effective cargo transfer from Low Earth Orbit (LEO) to Low Lunar Orbit (LLO) and 
ŎŀǊƎƻ ǇǊŜǇƻǎƛǘƛƻƴƛƴƎ ƴŜŀǊ ǘƘŜ ŜŘƎŜ ƻŦ 9ŀǊǘƘΩǎ ƎǊŀǾƛǘŀǘƛƻƴŀƭ ǎǇƘŜǊŜ ƻŦ ƛƴŦƭǳŜƴŎŜ ό{hLύΦ  
 
In Section 5, we consider orbit transfers for solar-powered robotic missions that start from a staging 
ŀǊŜŀ ƴŜŀǊ 9ŀǊǘƘΩǎ {hL ǘƻ ŘŜƭƛǾŜǊ ŎŀǊƎƻ ǘƻ aŀǊǎΣ ǊŜǘǳǊƴ ŀ ǎŀƳǇƭŜ ŦǊƻƳ aŀǊǎΣ ŀƴŘ ŎŀǘŀǇǳƭǘ ǇŀȅƭƻŀŘǎ ǘƻ 
more distant destinations, particularly Jupiter.  These studies to more distant objects help identify 
possible prepositioning strategies in support of more complex missions. 
 
In Section 6, we discuss technology developments needed to support high-power fast human missions 
beginning from LEO or prepositioned staging areas near EarthΩs SOI and ending in orbit around Mars.  
 
In Section 7, we give a brief summary and suggest scenarios that warrant more detailed study along with 
basic technology requirements and future needs for these missions. 
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Section 2. Mission Study Analysis Tools  
Ad Astra Rocket Company employs several software tools for simulating the VASIMR® missions.  When 
considering electric propulsion systems, the fundamental equations of motion must be examined with 
care taken to avoid implicit assumptions commonly applied for chemical propulsion systems. For 
example, the power and propellant mass flow are somewhat independent of one another, and the 
specific impulse can be changed during a maneuver. For these mission studies, relatively simple tools 
are used first to identify missions suitable for progressively higher-fidelity analysis.  Then, more detailed 
surveys are performed with analytic tools and various codes including AdAstra3DTraj, CHEBYTOP[2],  and 
OptiMars[4].  Where warranted, still higher-fidelity analysis can then be performed using HOT[7], [8] and/or 
Copernicus[1].  In this section we give a brief description of these mission analysis tools. 

2.1 Copernicus 

Copernicus[1] is a generalized spacecraft trajectory design and optimization system developed by the 
University of Texas at Austin.  This software is released to NASA centers and affiliates.  It is supplied with 
a complex GUI (Graphic User Interface), and includes variable Isp (Specific Impulse) capability.  
Copernicus is an n-body tool with a high degree of flexibility. The user can model a number of different 
missions, with varying gravitational bodies, objective functions, optimization variables, constraint 
options, and levels of fidelity.  Additionally, it can model multiple spacecraft, as well as optimize for both 
constant and variable specific impulse trajectories. Copernicus employs multiple shooting and direct 
integration methods for targeting and state propagation.   

2.2 AdAstra3DTraj  

The Fortran code AdAstra3DTraj was written in Ad Astra Rocket Company (AARC) for a direct 3D 
trajectory simulation.  It employs various numbers of gravitational bodies and custom-made navigation 
strategies, including variable specific impulse.  It also allows for simple parametric scans and limited 
optimization.   

2.3 Chebytop 

CHEBYTOP[2] is an analysis tool that optimizes one-way trajectories between planetary bodies.  It is used 
as a preliminary design tool for missions using electric propulsion with constant specific impulse.  
CHEBYTOP uses Chebychev polynomials to represent state variables, which are then differentiated and 
integrated in closed form to solve a variable-thrust trajectory. This solution can then be used to 
approximate a constant thrust trajectory.  While it is considered a low-fidelity program, it is highly 
valued for its ability to rapidly assess large trade spaces. It is written on Visual Basic macros with Excel 
GUI and graphics. 

2.4 OptiMars  

OptiMars[4] is a variable Isp Earth ς Mars transfer optimizer of very low fidelity.  The software was 
developed in 2000 ς 2002 at University of Maryland.  It assumes polynomial expression for the 
acceleration.  The positions of the planets are not considered, so transfer is optimized between Earth 
and Mars orbits. 

2.5 HOT 

The HOT (Hybrid Optimization Technique) software[7], [8] is a Fortran code written at NASA JSC.  It uses a 
numerical optimization method based on the calculus of variations for minimizing a performance 
function describing a mission trajectory with variable specific impulse.  HOT simulates interplanetary 
maneuvers by integrating equations of motion and equations for Lagrange multipliers. 
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Section 3. Typical Parameter Assumptions  
The following parameters and assumptions are typically used throughout this paper unless specifically 
stated otherwise.  The mass budget can be presented as M0 = MPL + MP + MPT + MSA + MT, where MPL is 
payload mass, MP is propellant mass, MPT is propellant tank mass (assumed to be 0.1 MP), MSA Ґ ʰSA 
max(P) is the mass of solar arrays , and MT Ґ ʰT P  is the mass of VASIMR® thrusters, where h SA is the 
mass-to-power ratio for the solar arrays in kg/kW, and similarly, h T  is the mass-to-power ratio for the 
thruster package including all power handling equipment. 
 
FƻǊ Ƴƛǎǎƛƻƴǎ ƛƴǎƛŘŜ ǘƘŜ 9ŀǊǘƘΩǎ ƎǊŀǾƛǘŀǘƛƻƴŀƭ ǎǇƘŜǊŜ ƻŦ ƛƴŦƭǳŜƴŎŜ ό{hLύΣ ǿŜ ŎƻƴǎƛŘŜǊ ±!{Lawϯ ǇƻǿŜǊ (P) 
levels ranging from 100 ς 500 kW.  The nominal parameters for these missions are a specific impulse, Isp, 
of 5,000 s with a total mass-to-power ratio, h  = h SA Ҍ ʰT, of 10 kg/kW. 
 
For robotic or cargo interplanetary missions, we consider VASIMR® power levels ranging from 1 - 5 MW.  
The nominal parameters for these missions are a specific impulse, Isp, of 4,000 or 5,000 s with a total 

power efficiency, h, of 60%, and a mass-to-power ratio, h  (total), of 4 kg/kW. 
 
For human interplanetary missions, we consider VASIMR® power levels ranging from 10 - 200 MW.  The 
nominal parameters for these missions are a variable specific impulse, Isp, from 3,000 to 30,000 s with a 

total power efficiency, h, of 60%, and a mass-to-power ratio,  h (total), less than 4 kg/kW.  A more 
accurate VASIMR® model, considering the power efficiency to be a function of specific impulse and 
power, is beyond the scope of these studies. 

Section 4. 0ÒÅÐÏÓÉÔÉÏÎÉÎÇ ÔÏ ÔÈÅ %ÄÇÅ ÏÆ %ÁÒÔÈȭÓ 3ÐÈÅÒÅ ÏÆ )ÎÆÌÕÅÎÃÅ 
A VASIMR® powered transfer from LEO to the EarthΩǎ Sphere of Influence (SOI) is different than a 
chemically propelled Earth departure because of the low-thrust nature of an electric propulsion system. 
The low, but steady thrust on the spacecraft leads to a spiral orbit with increasing radius to reach the 
SOI.   

4.1 Departing LEO with 

Inclination Change  

Figure 1 shows an example of a 
low-thrust Earth departure spiral 
(in red) followed by a 51.6 degree 
plane change (in green) using a 
200 kW VASIMR® system 
propelling a 4000 kg IMLEO (Initial 
Mass at LEO) payload.  The 
AdAstra3DTraj code was used for 
the direct simulation without full 
optimization.  The plane change is 
executed when the orbital velocity 
is the lowest, at the end of the 
spiral, to minimize the propellant 
required for the maneuver.  

 
Figure 1:  Example Earth departure and plane change trajectory, in this case a 
200 kW VASIMR® propelled spacecraft weighing 4000 kg at LEO. 
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The main advantage of this type of Earth departure stage is the fuel, and hence, mass savings for the 
propulsion system.  In the example scenario, less than 600 kg of argon propellant is used to put a 4,000 
kg spacecraft on an Earth escape trajectory.  The continuous operation of the VASIMR® thruster also 
allows an optimized plane change maneuver at any altitude.  This in turn allows for more flexibility in 
the initial launch location and results in a less severe payload reduction if the spacecraft is launched 
from a high latitude location on Earth.  The slow spiraling nature of the VASIMR® for trajectories 
departing the Earth also enables mission operators to perform vital spacecraft system and health checks 
for weeks during the initial spiral.  If a problem is discovered, a high value spacecraft could be put into a 
parking orbit for later evaluation, docking, return, or repair.   

4.2 Lunar Tug  

Large quantities of equipment and material must be transported from the Earth to the Moon for 

ambitious programs of lunar exploration.  If transit times of several months are acceptable for cargo, a 

reusable VASIMR® tug allows roughly twice as much payload to be delivered to the Moon as a chemical 

system would require for the same initial mass in low Earth orbit (IMLEO).  This implies cutting the 

number of heavy-lift launches and their associated cost in half and amortizing the cost of the tug over 

the many years that cargo is delivered between LEO and destinations near the Moon.   

 

Figure 2:  VASIMR® Transfer from LEO to LLO 
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The following mission assumptions were used for the simulation:  input power provided by solar panel 

cells P = 500 kW, VASIMR® power efficiency h = 60 %, Isp = 5,000 sec, IMLEO = 25,200 kg (including both 

OTV and CDV). 

Figure 2 demonstrates a possible Lunar Tug architecture.  It was assumed that an Evolved Expendable 

Launch Vehicle (EELV) delivers a large Cargo Delivery Vehicle (CDV) into 500 km orbit, followed by 

rendezvous with a VASIMR®-ǇƻǿŜǊŜŘ hǊōƛǘŀƭ ¢ǊŀƴǎŦŜǊ ±ŜƘƛŎƭŜ όh¢±ύ ƻǊ ά¢ǳƎέΦ  ¢ƘŜ OTV transfers CDV 

between a 500 km low Earth orbit (LEO) and a 100 km low lunar orbit (LLO) and returns to LEO.  For low 

thrust spiral trajectories without a plane change, the DV is the difference between the initial and final 

circular orbital velocities[10], which is 8 km/s for this mission, including both the spirals around the Earth 

and the Moon.  From the rocket equation, given in Figure 2, the VASIMR® could deliver the 14 mT 

payload within 6 months, using 3.8 mT of propellant.  For comparison, a chemical propulsion system 

with specific impulse around 450 s can only deliver 5.7 mT payload for the same initial mass placed in 

LEO.  

 

Figure 3 shows the trajectory, calculated by the Copernicus code, in the Earth frame of reference.  The 

trip time is 178 days, the propellant used is 3,840 kg, and both numbers are very close to the estimates.  

Figure 4 shows the same mission trajectory in the rotating Earth-Moon frame of reference, in order to 

show both spiraling from LEO and de-spiraling to LLO.  For this case, the inclination change was not 

required.  Copernicus uses four consecutive segments for the trajectory; each of them matched at their 

connecting endpoints with respect to position, velocity, mass and time.  The first and longest segment is 

spiraling from LEO with the thrust vector directed along the velocity vector.  The duration of the first 

 

Figure 3:  Copernicus Simulations of VASIMR® Transfer from LEO to LLO 
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segment is one of the optimized variables and calculated to be 140 days and it requires 3,020 kg of 

ǇǊƻǇŜƭƭŀƴǘΦ  ¢ƘŜ ŜƴŘ ƻŦ ǘƘŜ ǎŜŎƻƴŘ ǎŜƎƳŜƴǘ ƛǎ ǘŀǊƎŜǘŜŘ ǘƻ ǘƘŜ Ǉƻƛƴǘ ƻƴ ǘƘŜ ōƻǳƴŘŀǊȅ ƻŦ ǘƘŜ aƻƻƴΩǎ {hL 

(relative to the Earth) closest to Earth.  It lasts 3 days and requires 75 kg of propellant.  Copernicus 

optimizes the direction of the thrust vector in the second and third phases, as well as the transition 

times between all phases. The third segment, capturing the payload in orbit around the Moon, lasts 5 

days and requires 105 kg of propellant.  A fourth, optional segment performs de-spiraling maneuver 

with thrust directed opposed to the velocity in preparation for landing on the Moon by chemical means.  

Copernicus calculates the fourth and third segments backward from LLO and connects the ends of the 

second and third segments iteratively.  This de-spiraling maneuver requires 30 days and 640 kg of 

propellant.        

 

Figure 4:  Lunar Tug mission trajectory in the Earth-Moon Rotating Visualization frame 
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Section 5. Robotic Missions BÅÙÏÎÄ %ÁÒÔÈȭÓ 3ÐÈÅÒÅ ÏÆ )ÎÆÌÕÅÎÃÅ 

5.1 Cargo Delivery to Mars  

A parametric study of cargo delivery to Mars with 2 MW of power and a total specific mass of h Ґ п 
kg/kW (power + VASIMR®) was performed using the OptiMars code with the variable Isp optimizer, for 
an IMLEO = 20 mT.  The parameter varied was the minimum allowed specific impulse. The first segment 
of the mission is the spiraling from LEO with an initial altitude of 1,000 km to the EarthΩǎ SOI.  For Isp = 
4,000 sec, the spiraling takes 27 days and requires 3.7 mT of propellant.  Figure 5 demonstrates the 80 
day heliocentric transfer from Earth to Mars orbit.  The arrival speed was constrained to be 6 km/sec, 
assuming that aerocapture will be used for payload delivery to the Mars surface.  The time varying 
profile for the specific impulse determined by optimization is shown in Figure 6.  A maximum technology 
limit of 30,000 s was used for the specific impulse of the VASIMR® engine.  The coasting time is about 10 
days.  For the optimized profile of the specific impulse with a minimum Isp of 4,200 sec, the heliocentric 
transfer requires 3 mT of propellant.  So, from IMLEO = 20 mT, the total mass budget can be presented 
as 8 mT for power and propulsion plus 7 mT of propellant and 5 mT of payload.  The total duration of 
the mission is about 3.5 months. 

 

Figure 5:  OptiMars Simulation of helio transfer from Earth SOI to Mars orbit 
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The results of the parametric 
study are shown in the Figure 7 
for the same IMLEO in all cases 
and varying minimum Isp.  If the 
minimum Isp is increased from 
4,200 sec to 6,200 sec, the total 
trip time goes up by 14 days but 
the amount propellant required 
goes down by 1.7 mT, so more 
payload can be delivered.   

5.2 Mars Sample Return  

The International Mars 

Architecture for the Return of 

Samples (iMARS) Working Group 

has conducted extensive studies 

on Mars Sample Return (MSR) 

missions using chemical 

propulsion technology [11].  In this 

section, we investigate the use of 

VASIMR® technology to 

accomplish a MSR mission that is 

a modified version of the one 

proposed by the iMARS Working 

Group.   

This analysis is based on 

reasonable values for the specific 

mass for power levels in the range 

between 100 and 500 kW.  This 

calculation was performed using 

Chebytop assuming an initial mass 

in LEO, IMLEO = 19,000 kg, 

including 4,880 kg of payload fixed, leaving 14,120 kg for the OTV and propellant.  Power received from 

solar panel was assumed to depend on distance to the sun as ~1/R2.   Figure 8 illustrates the various 

stages of the mission: 

1) An Atlas V 552 puts 19,000 kg into LEO at an altitude of 500 km.  The spacecraft includes an OTV with 

a VASIMR® thruster, a 4,000 kg Mars Lander (ML), and an 880 kg Earth Entry Vehicle (EEV).  The masses 

for ML and the EEV are taken from the MSR mission developed by the iMARS Working Group. 

нύ ¢ƘŜ ǎǇŀŎŜŎǊŀŦǘ ǎǇƛǊŀƭǎ ǳǇ ŦǊƻƳ [9h ǘƻ ǘƘŜ 9ŀǊǘƘΩǎ {hLΦ 

3) A heliocentric transfer to Mars is performed. 

 

Figure 7:  Changing Minimal Isp and Payload Mass as a function of Trip Time for 
Cargo Mission to Mars 

 

 

Figure 6:  Variable Isp profile for OptiMars heliocentric transfer simulation 
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4) The 4,000 kg Lander is ejected just before the spacecraft begins its Mars orbit insertion. The Lander 

follows a direct descent path, just as it would in the chemical mission.  

5) The OTV spirals down to a low Martian Orbit (LMO) with an altitude of 500 km. 

 

3.      Heliocentric transfer to Mars 

4.      Lander separates 
to make direct 
landing 

5.      OTV spirals down 
to 500 km LMO 

Earth SOI 

925,000 km radius Mars SOI 

577,000 km radius 

2. OTV spirals up 
from LEO to 

Earthôs SOI 

1. Atlas V 552 puts 19,000 kg into 
500 km LEO; OTV carrying 4000 
kg Mars Lander and 880 kg 

Earth Entry Vehicle 

 

Figure 8:  VASIMR® MSR Scenario: Earth to Mars 

Figure 9 shows the 30 kg sample return with the following phases: 

6-7) The sample container (30 kg) is returned to LMO, where it rendezvous with the OTV. 

8)  The combined package spirals up to reach the Mars SOI.  

9)  A heliocentric transfer returns the OTV and sample back to the Earth. 

10-11) The 910 kg package, including the EEV to land the sample on the Earth is ejected from the OTV as 

it begins its Earth Orbit Insertion, so that the sample container lands on the Earth and the OTV spirals 

down to Low Earth Orbit.   

 

Earth SOI Mars SOI 6.   Mars Ascent Vehicle launches sample 
container to 500 km Mars orbit 

7.   OTV finds and captures sample container 

8.   OTV spirals up to Mars SOI 

9.   Heliocentric transfer to Earth 

10.   Earth Entry Vehicle separates 
from OTV for direct landing 

11.   OTV spirals down to LEO from Earth SOI 

 

Figure 9:  VASIMR® MSR Scenario:  Mars to Earth 

Figure 10 summarizes key results for this type of mission with different power levels.  
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Figure 10:  Power Scan for MSR Mission.  For each power value, one-way trip times (and propellant mass) were minimized. 

The power at 1 AU was varied between 100 kW and 500 kW. The one-way trip time was minimized for 

each power level.  The results of the parametric scan are demonstrated in Figure 10.  The parametric 

scan used the following values of input parameters: 

¶ Total power efficiency h = 60 % 

¶ Specific impulse  Isp = 5,000 sec,  

¶ IMLEO = 19,000 kg, 

¶ LEO altitude RLEO = 500 km,  

¶ Mars altitude RLMO = 500 km, 

¶ Minimal stay time on LMO is 4 months.   

¶ Lander Mass ML = 4 mT 

¶ Propellant Tank mass MPT = 0.1 MP 

¶ Initial mass for LMOςLEO segment = final mass of LEOςLMO segment ς ML ς MPT 

In summary, a Mars sample return mission is possible at any power level between 100 kW and 500 kW 

(at 1 AU).  As Figure 10 shows, the roundtrip time decreases with increasing power with a substantial 

decrease from 6.1 years at 200 kW to 3.7 years at 250 kW and a relatively slow decrease for power 

levels between 250 kW and 500 kW (down to 3.1 years).  The reason for the big decrease in trip time 

just less than 250 kW is that the LMO stay time is not monotonic function of power.  For low power 

levels (100-200 kW) the LMO stay time increases from 0.4 year to 2.1 years, but for 250 kW of power, 

the stay time can be reduced to 140 days due to the effect of the relative position of Earth and Mars.  

The conclusion is that the optimal level of VASIMR® power for the MSR mission is 250 kW (at 1 AU), 
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requiring a round trip time of 3.7 years, including 140 days in low Martian orbit.  The mission can be 

performed for specific total power, h ғ нм ƪƎ κ ƪ².  Higher powers can make the mission slightly faster, 

ōǳǘ ǊŜǉǳƛǊŜ ƳǳŎƘ ƳƻǊŜ ǇǊƻǇŜƭƭŀƴǘ ŀƴŘ ƳǳŎƘ ƭƻǿŜǊ ʰΦ  CƻǊ ŜȄŀƳǇƭŜΣ рлл ƪ² Ƴƛǎǎƛƻƴ Ŏŀƴ ōŜ 

accomplished within 3.1 years but requires total h  ғ у ƪƎ κ ƪ².  The optimal trajectory for 250 kW (at 1 

AU) is shown in Figure 11 for the transfer from Earth to Mars and in Figure 12 for the return from Mars.  

Thus, a 250 kW Mars Sample Return mission using a VASIMR® is able to accomplish the mission in 3.5 

years, about the same as using chemical thruster technology, but requiring much less propellant 

launched into LEO.  Further optimization of the mission can be accomplished assuming variable specific 

impulse and Copernicus simulations. 
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-0.5

0

0.5
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1.5

2

-2 -1.5 -1 -0.5 0 0.5 1 1.5 2

Mass balance [kg]: 
Mass at LEO                19000 
Propellant (LEO-LMO)  5250 
Tank             530 
Lander (PL)          4000 
_______________________ 
Mass at LMO          9220 

Helio Transfer Departure: 1 June 2020  

Helio Transfer Arrival: 27 Apr 2021  

Accelerating: 147 days  

Coasting: 31 days  

Decelerating: 152 days  

Power 250 kW (at 1 AU) 
 
stage     Trip time       Propellant 
Spiraling    227 days 2370 kg  
Heliotrans  330 days 2073 kg 
Despiral      203 days   812 kg 
Total      760 days 5250 kg 
 
Departure   18 Oct 2019 (LEO) 
Arrival      16 Nov 2021 (LMO)  

Figure 11:  From LEO to Mars: 250 kW 
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-2 -1.5 -1 -0.5 0 0.5 1 1.5 2

Mass balance [kg]: 
Mass at LMO                   9220 
Propellant(LMO-LEO)    2740 
Tank            280 
EEV with Mars sample    910 
_________________________ 
Mass at LEO         5390 
Total Alpha             21 

Decelerating: 122 days  

Coasting: 87 days  

Accelerating: 61 days  

Helio Transfer Departure: 1 July 2022  

Helio Transfer Arrival: 28 Mar 2023  

Power 250 kW (at Earth orbit) 
 
stage  Trip time            Propellant 
Spiraling    87 days 493 kg 
Heliotrans 270 days 1361 kg 
Despiral    82 days   886 kg 
Total   439 days 2740 kg 
 
Departure 5 Apr 2022 (LMO) 
Arrival 18 Jun 2023 (LEO) 

 

Figure 12:  From Mars to LEO: 250 kW 

5.3 Enhancing Solar Powered  Capabilities to reach Jupiter  

In this section, we explore the concept of a reusable VASIMR® ǎǇŀŎŜŎǊŀŦǘ ǘƻ άŎŀǘŀǇǳƭǘέ р,000 kg robotic 

payloads to Jupiter using a Hohmann-like transfer.   The intent of this study is to identify the important 

parameters for ejecting the payload and returning the VASIMR® system back to Earth for additional 

payloads in reasonable periods of time.   The operational parameters of interest are the power level, 

propellant mass, payload release point, and distance of closest approach to the Sun to gain additional 

solar power.  Optimization based on variable specific impulse is needed to fully explore this concept.  

However, two calculations at fixed specific impulse within the range of VASIMR® capabilities, one 

assuming 5,000 s and another assuming 4,000 s, demonstrate the advantages of variable specific 

impulse and indicate the direction for possible future studies. 

The mission is based on the assumption that the catapult spacecraft ŀƴŘ ƛǘǎ ǇŀȅƭƻŀŘ ōŜƎƛƴ ŀǘ ǘƘŜ 9ŀǊǘƘΩǎ 

sphere of influence (SOI), ŎƻŀǎǘƛƴƎ ƛƴ ǘƘŜ 9ŀǊǘƘΩǎ ƻǊōƛǘ ŀōƻǳǘ ǘƘŜ {ǳƴΦ ¢ƘŜ VASIMR® ŜƴƎƛƴŜΩǎ ǇƻǿŜǊ 

rating must match the peak power available when the spacecraft is closest to the Sun.  The solar array is 

assumed to be a planar array rather than a concentrator, to simplify its operation near the Sun where a 

concentrator might otherwise overheat the photovoltaic cells.  

The MESSENGER spacecraft[6] provides a starting point for estimating the mass of various sub-systems of 

the VASIMR® Catapult which will make repeated flights from low Earth orbit to the inner solar system.  

MESSENGER is expected to have a lifetime of approximately 10 years in this type of environment.  The 
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VASIMR® Catapult will have similar requirements for communications and Guidance, Navigation and 

Control (GNC).  The mass budget of the Catapult spacecraft is shown in Figure 13. 

 

docking  
propulsion 

(arcjet) 

Argon mass depends on trajectory ï expect several thousand kg 

Assume 4,000 kg 

launched to 
rendezvous 
and dock with 

ejector in LEO 

Argon 
propellant  

& ZBO tank 
payload 

ejector 

solar array 

VASIMR engines 

avionics 

thermal 

communications 

GNC 

structure 

harness 

aT = 5 kg/kW;  thruster power = power at closest approach to Sun 

aA = 18 kg/kW;    P = power @ 1 AU ;    range 200 kW to 1 MW  

100 kg 

10% of sum of other components of the ejector (dominated by 

VASIMR engines and solar array) 

400 kg 

30 kg 

35 kg 

100 kg 

based on MESSENGER spacecraft   total: 

700 kg (this quantity is fixed) 

35 kg 

 

Figure 13:  VASIMR® Catapult: Starting Point for Mass Relations 

 

The mission trajectory was studied using the AdAstra3DTraj code and considered only the {ǳƴΩǎ 

gravitational field.  The mission begins with a deceleration phase from the Earth SOI with an initial mass 

there (IMSOI) of 22 mT where the solar panels provide power, PEarth = 500 kW, with a propulsion 

efficiency of the VASIMR® of h = 60%.  Two options for constant specific impulse were considered, one 

with Isp = 4,000 s and another with Isp = 5,000 sec.  Several iterations were performed to find out the 

optimal distance for switching from deceleration to acceleration, and then a return of the Catapult 

ǎǇŀŎŜŎǊŀŦǘ ǘƻ 9ŀǊǘƘΩǎ {hL. 

5ǳǊƛƴƎ ǘƘŜ ŀŎŎŜƭŜǊŀǘƛƻƴ ǇƘŀǎŜΣ ǘƘŜ ƻǊōƛǘŀƭ ŜƭŜƳŜƴǘǎ ƻŦ ǘƘŜ ǾŜƘƛŎƭŜΩǎ ǘǊŀƧŜŎǘƻǊȅ ŀǊŜ Ŏƻƴǘƛƴǳƻǳǎƭȅ 

changing.  In particular, the aphelion distance grows larger. As soon as the instantaneous aphelion 

matches the semi-major axƛǎ ƻŦ WǳǇƛǘŜǊΩǎ ƻǊōƛǘΣ ǘƘŜ ǊƻōƻǘƛŎ ǇŀȅƭƻŀŘ should be released on an orbit that 

will coast to Jupiter.  After the payload is releasedΣ ǘƘŜ /ŀǘŀǇǳƭǘΩǎ ǘƘǊǳǎǘ ǾŜŎǘƻǊ is then changed to begin 

its rendezvous with Earth.   

When the energy needed for ejection is reached, the payload with a mass of MPL= 4 mT and the empty 

propellant tank with an assumed mass of MT = 0.1 MP is released from the VASIMR® Catapult.  When the 

payload is released, the Catapult immediately directs its thrust opposite to its velocity vector to 

decelerate until the instantaneous aphelion distance is reduced to approximately 1 AU, thereby 

initiating its rendezvous with the Earth for reuse.   
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An optimized Jupiter catapult trajectory is first considered, as shown in Figure 14, for Isp = 5,000 sec.  

Below are the mission details, which were calculated with the AdAstra3DTraj simulations. 

 

 

Figure 14:  Jupiter Catapult mission trajectory for Isp = 5000 sec 

Phase 1, shown in red, is a deceleration phase to begin a close solar pass with the thrust vector, A, 

directed perpendicular to the radius vector, R.  Observations of several simulations indicated that this 

was the best strategy to get close to the Sun using a minimal amount of propellant.  The end time for 

the first phase was also optimized by trial and error to accomplish the mission with minimal propellant.  

Phase 1 ends at a distance from the Sun of Rend = 0.66 AU after Tend = 132.7 days using a propellant mass 

of 3.6 mT. 

Phase 2, shown in green, is an acceleration phase near the Sun with high solar power and the thrust 

vector parallel to the spacecraft velocity.  The closest approach to the Sun is Rmin = 0.452 AU during this 

phase.  Phase 2 ends when the specific energy reaches the level needed for the payload to get to Jupiter 

at Rend = 0.581 AU, Tend = 181.8 days, requiring an additional 3.5 mT of propellant, so that the total 

propellant usage in phases 1 and 2 is 7.1 mT. 

Phase 3a, shown in red, involves only the released of the 4 mT payload, which coasts the rest of the way 

to Jupiter at 5.2 AU after 1,036 days ƻŦ ǘƻǘŀƭ ǘƛƳŜ ŦǊƻƳ ŘŜǇŀǊǘƛƴƎ 9ŀǊǘƘΩǎ ǎǇƘŜǊŜ ƻŦ ƛƴŦƭǳŜƴŎŜ. 

Phase 3b, also shown in red, describes the deceleration phase of the 0.8 mT VASIMR® Catapult so it can 

begin its return to near Earth.  The thrust was directed nearly opposite to the velocity vector with an 

angle which was optimized iteratively.  The optimal value angle(A,V)=165o, minimizes propellant use for 

the return to the EarthΩǎ SOI.  The phase ends when the specific energy reaches that of an Earth orbit at 
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distance R = 1.179 AU, after 231.4 days, using an additional 1.5 mT of propellant.  The remaining phases 

are then performed with thrust directed orthogonally to velocity, so the specific energy does not 

change. 

Phase 3c, shown in light blue, is a maneuver to return the catapult to the Earth with the thrust vector, A, 

orthogonal to the velocity vector, V, and toward the Sun, ending at 1.452AU, after a total of 279.2 days 

using an additional 0.6 mT or propellant. 

Phase 3d, shown in gray, is a simple coasting phase to 1.478 AU after a total of 359.2 days. 

Phase 3e, shown in magenta, is a maneuver turning away from the Sun with thrust vector, A, orthogonal 

to the velocity vector, V, opposite the Sun to rendezvous at 1 AU after a total 509.5 days, using an 

additional 2.4 mT of propellant.  The cumulative propellant usage is 11.5 mT. 

To illustrate the effect of specific impulse on the technology requirements for the specific mass, the 

catapult mission was repeated for a lower specific impulse with Isp = 4000 s using the same maneuvers.  

The results from the AdAstra3DTraj simulations at 4000 s are: 

Phase 1 ends at Rend = 0.9 AU, after 80.7 days, using 2.9 mT of propellant. 

Phase 2 ends at Rend = 0.729 AU, with a closest approach to the Sun at 0.657 AU, after a total of 157.4 

days, using an additional 4.6 mT of propellant. 

Phase 3a delivers the payload to Rend = 5.2 AU, after a total of 1,057 days. 

Phase 3b with angle(A,V)=150o ends at  Rend = 1.156 AU, after a total of 210.8 days, using 2.1 mT of 

propellant. 

Phase 3c ends at Rend = 1.27AU, after 240.3 days, using 0.7 mT of propellant. 

Phase 3d coasts to an ending radius at Rend = 1.121 AU, after 363.3 days. 

Phase 3e ends at Rend = 1 AU, after a total of 406.8 days, requiring an additional 1.3 mT of propellant, 

such that the entire mission uses 11.6 mT of propellant. 

One advantage of lowering the specific impulse from 5,000 s to 4,000 s is a relaxation in technology 

requirements from h  Ґ сΦу ƪƎκƪ² for 5,000 seconds to h  Ґ уΦп ƪƎκƪ² for 4,000 seconds.  However, the 

efficiency of the VASIMR® system may be more challenging for lower specific impulse.  In addition, the 

mass of the propellant to return to Earth is significant, so missions without a return to earth can have 

larger, or multiple payloads, offering options for future study. 

The primary result from these two studies at different fixed specific impulse is that the initial phases, 

needed to release the payload on its way to Jupiter, can be performed with 7.1 mT using 5,000 s, but 

require 7.5 mT at 4,000s.  Alternatively, the return of the catapult spacecraft to the Earth for future 

reuse can be performed with 4.1 mT of propellant using a specific impulse of 4,000 s whereas the return 
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phases require 4.5 mT using a specific impulse of 5,000 s.  Clearly, varying the specific impulse between 

the out-bound and return maneuvers can result is significant savings, warranting further study. 

Section 6. Fast Human Missions to Mars  with Variable Specific Impulse  
 

In this section we assume that very high power sources are available, such as might be possible with 

advanced nuclear power technology.  With ample power for interplanetary missions, the VASIMR® can 

significantly reduce launch mass and trip times compared with chemical thruster technology.   At the 

200 mega-Watt power level, human missions to Mars in less than 39 days become conceivable with 

advanced VASIMR® and power technologies.  Trip times to Mars on this time scale were mentioned as a 

laudable goal for NASA by its administrator, Charles Bolden[9], in July 2009, because they dramatically 

ƛƳǇǊƻǾŜ ŀ ŎǊŜǿΩǎ ǎǳǊǾƛǾŀōƛƭƛǘȅ ŀƴŘ ǎŀŦŜǘȅ ƛƴ ǘƘŜ interplanetary space environment.  In this section, we 

present conceptual studies showing the dependence of the trip time on the initial departure position, 

initial mass at the departure position, mass of the payload, variable specific impulse, and the mass-to-

power ratio for the power and propulsion systems.  The return mission is not presented in this report.    

6.1   Human Mission to Mars using 12 MW  

The variable specific impulse made possible by VASIMR® technologies can be fully appreciated for multi-

megawatt interplanetary missions.  These studies were conducted using the HOT[7], [8] software package 

and demonstrate the possibility of 12-18 MW missions arriving at Mars within 3-4 months, about half 

the time estimated in the Design Reference Mission (DRM) 3.0[12], which utilizes Nuclear Thermal 

Rockets for transferring to Mars. The mission analysis assumed the exact same payload mass delivered 

to the atmosphere of Mars (60.8 mT) at the same velocity for aerocapture (6.8 km/s) as in the DRM 3.0 

for the crewed portion mission with VASIMR® engines. The crew time in space could be reduced by 

about one month by rendezvousing the crew with the VASIMR®-powered spacecraft in high earth orbit 

after the main vehicle had passed through the Van Allen belts. 

For this mission cargo must be pre-deployed both in Martian orbit and on the surface.  In the DRM, one 

rocket transfers the cargo lander and another transfers an earth return vehicle with a living habitat for 

the crew to Mars.  The total mass of those payloads is 91.4 mT as outlined in the DRM 3.0 (including an 

aeroshell for the cargo lander sized appropriately for entry velocity).  The VASIMR® mission proposes 

combining both payloads plus the return propellant on one vehicle to save propellant on the outbound 

journey.  A VASIMR® system with one third the power, 4 MW, compared to the 12 MW of the crewed 

vehicle, transfers the payload more slowly, requiring a 154 day spiral plus a 288 day heliocentric 

transfer, but uses one third less initial mass with an IMLEO of 202 mT, compared with 282 mT for the 

DRM. The return habit is stored in orbit at Mars, as in the DRM 3.0, waiting for the Mars ascent vehicle 

and the crew for the return trip.   

The crewed spacecraft departs LEO on May 6, 2018. The ship initial mass in LEO is 188 mT. 12 MW of 

electric power is assumed for the duration of the trip with a total mass-to-power ratio of a=4 kg/kW, 

which includes the nuclear power supply, VASIMR®, and all other vehicle mass except propellant and 

http://www.newscientist.com/article/dn17438-nasa-nominee-says-agency-has-lost-its-lustre.html
http://www.newscientist.com/article/dn17438-nasa-nominee-says-agency-has-lost-its-lustre.html
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propellant tanks.  Therefore, the Crew Transfer Vehicle (CTV) mass is 48 mT plus the propellant and 

propellant tank mass. The mass breakdown for the 60.8 mT Mars Lander (ML) is assumed to be 31.0 mT 

for the habitat, 13.5 mT for an aero-shell, and 16.3 mT for a descent system. The CTV, mated to the ML 

(Mars Lander), will transport the crew to Mars.  The speed relative to the 9ŀǊǘƘ ƛǎ нΦр ƪƳκǎ ŀǘ ǘƘŜ 9ŀǊǘƘΩǎ 

gravitational sphere of influence.  Figure 15 shows the piloted mission trajectory and Isp profile. 

The ML will separate from the CTV at Mars arrival. The lander is designed to approach Mars with a 

relative velocity of 6.8 km/s and execute a direct descent to the surface.  The Lander descent maneuver 

is identical to that outlined in the DRM. The CTV will initially execute a flyby of Mars, close enough to 

drop off the ML. The CTV will continue past Mars in an arcing trajectory to be captured by the planet 

approximately four months later. The approach to Mars and the elliptical spiral to low Martian orbit 

(LMO) are shown in Figure 16. 

 

Figure 15:  Human piloted heliocentric transfer with Isp vs time plot (right) 

The separation of the ML from the propulsion system at Mars arrival and its direct entry are 

operationally reasonable based on the Design Reference Mission. The delay in achieving orbital insertion 

of the interplanetary propulsion module at Mars, results in considerable fuel and time savings. While 

some risk is involved in this approach, the crew has a possible backup because the Cargo Vehicle in LMO 

contains the Earth Return Vehicle and the return propellant, as well as a fully functional, albeit lower 

power, VASIMR® module. This configuration could be used in a contingency, should the prime 

propulsion system fail to achieve LMO. Such an option will result in a longer return trip time. 
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Figure 16:  CTV arrival at Mars and subsequent capture 131 days later (left) and 7-day spiral maneuver into low Mars orbit 
(right) 

Upon arrival at Mars, the CTV propulsion module will dock with the Earth Return Vehicle and propellant. 

The cargo engine and reactor package can be released after docking and left in Mars orbit.  A common 

docking mechanism will allow the Earth Return Vehicle to mate with the CTV propulsion module. 

 

Figure 17:  CTV spiral departure from Mars and return heliocentric trajectory.  The spiral lasts 4 days and the heliocentric 
transfer lasts 85 days.  

Ascent from Mars to the Return Habitat is accomplished with a chemical ascent capsule, as in the DRM 

3.0. This capsule stays attached to the CTV during interplanetary flight and is used for direct descent to 

the Earth surface.  Since the capsule is designed for a re-entry at a relative velocity to Earth of 6.8 














