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Space exploration can greatly benefit from the high-power electric
propulsion capabilities the Variable Specific Impulse Magnetoplasma
Rocket (VASIMR®) provides. When combined with chemical rocket
technologies in a flexible architecture, the VASIMR® allows new and
dramatically improved mission scenatios to be considered. Employing
existing state-of-the-art solar cell technology, VASIMR® is able to
achieve dramatic propellant mass savings to move payloads near Farth and
preposition payloads for assembly near the moon, the edge of Farth’s
gravitational sphere of influence, and beyond. Robotic prepositioning of
assets at key locations in space allows cost and risk to be reduced for later
transits between staging locations. The possibility of multi-megawatt
power levels also allows VASIMR® technology to significantly reduce
the travel time and improve abort options for human interplanetary
missions between staging locations near the Moon and Mars. Power levels
ranging from currently available solar technologies to those requiring the
future development of nuclear-powered systems are considered.
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VASIMR® For Flexible Space Exploration
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NOMENCATURE

A-Thrust Vector

AARG Ad Astra Rocket Company

CDV- Cargo Delivery Vehicle

CTV- Crew Transfer Vehicle

DRM- Design Reference Mission

EELV Evolved Expendable Launch Vehicle
EEV Earth Entry Vehicle

ERV Earth Retmn Vehicle

GNG Guidance, Navigation and Control
GUI- Graphic User Interface

HOT- Hybrid Optimization Technique
IMLEO Initial Mass at LE{&g]

lsp - Specific Impulse

LEO Low Earth Orbit

LLO- Low Lunar Orbit

LMO- Low Mars Orbit

ML - Mars Lander

Mp - Propellant Mass [kg]

Mp - Payload Mass [kg]

Mp1- Propellant Tank Mass [kg]
Msa- Solar Array Mass [kg]
MSR- Mars Sample Return

M+ - Mass of Thruster [kg]
OTV- Orbital Transfer Vehicle
P- Power [kW]

R- Radius Vector

SOLI Sphere of Influence

V- Velocity Vector

VASIMR®Variable Specific Impulse
Magnetoplasma Rocket

VX200- VASIMR® lab experiment at 200 kW
h - Total Specific Mass [kg/kW]

h sa- Specific Mass of Solar Arrays [kg/kW]

h ;- Specific Mass of Thruster [kg/kW]

h - Power Efficieng
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Section 1. Flexible Mission Strategies

Space exploration can greatly benefit from the hjgiwer electric propulsiortapabilitiesthe Variable
Specific Impulse Magnetoplasma RockRéASIMRRprovides When combined witlchemical rocket
technologies in a flexible architecture, the VASIMR® allows new and dramatically improved mission
scenarios to be considered. Employing existing stétie-art solar cell technology, VASIMR® is able to
achiewe dramatic propellant mass savings to move payloads near Earth and preposition payloads for
assembly near the mooii KS SR3IS 2F 9 NI KQA& 3 Nha@hdydnd Rebofic f & LIK S
prepositioning of assets at key locations in space allows austriak to be reduced for later transits
between staging locations. The possibility of molggavatt power levels also allows VASIMR®
technology to significantly reduce the travel time antprove abort options for human interplanetary
missions between staging locations near the Moon and Mars. Power levels ranging from currently
available star technologiego those requiring the future development of nuclepowered systems are
considered.

In Section 2 of this report, we describe the various strengths, limitations, and assumptions of mission
software tools used for this study. Thbapabilitiesenabled byVASIMR® technology are then examined
using a piecavise approach built on thremareuvers transfer from low Earth orbit to staging locations

in nearlunar orbit, transfer from nealunar orbit to more distant objectgincluding robotic transits to

Mars or the outer planefs and finally human missis to Mars

In Section 3, we givehé parameters and assumptions typically used for these studies, unless stated
otherwise in the specific study.

In Sectiom we describe mission capabilities nghe Earth and the Moon using a VASIMR® with realistic

mass and performance values based osuits from the VX00, a VASIMR@aboratory experiment

operating at 200 kW, and the ASIMR@light design, V200, operating at 200 kW. These ndzarth

missions includeosteffective cargo transfer fromaw Earth Orbit (LECo Low Lunar Orbit (L)@nd

OFNH2 LINBLRaAAGAZ2YAY3I ySINI GKS SR3IS 2F 9 NIKQA 3INI

In Section5, we consider orbit transfers for sokapwered robotic missions that start from a staging

FNBF ySFENJ 9FNIKQa {hL G2 RStAGSNI OFNH2 (2 al NAZ
more distant destinations, particularly Jupiter. These studies to more distant objects help identify
possibleprepositioning strategies in support of more complex missions.

In Section6, we discuss technology developments needed to support-p@ker fast human missions
beginning fromLEO oprepositioned staging areas near E&tISOI and ending in orbit arouMatrs.

In Section 7, we give a brief summary and suggest scenarios that warrant more detailed study along with
basic technology requirements and future needs for these missions.
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Section 2. Mission Study Analysis Tools

Ad Astra Rocket Company employs several sofiwaols for simulating th&/ASIMR&nissions. When
considemg electric propulsion systemthe fundamental equations of motion must be examined with
cae taken to avoid implicit assumptions commonly applied for chemical propulsion systems. For
example, tle power and propellant mass flow are somewhat independent of one another, and the
specific impulse can be changddring a maneuverFor these mission studiesglatively simple tools

are used first to identify missions suitable for progressively hidiidetity analysis. Then, more detailed
surveys are performed with analytic tools and various codes including AdAstra3DHEBY TP and
OptiMars®. Where warrated, still higherfidelity analysis can then be performed using H&® and/or
Copernicu¥l. In this section we @& a brief description of these mission analysis tools.

2.1 Copernicus

Copernicu¥ is a generalized spacecraft trajectory design and optimization system developed by the
University of Texas at Austin. This softevés released to NASA centers and affiliates. It is supplied with
a complex GUI(Graphic User Interface), and includes variahje (§pecific Impulse) capability.
Copernicus is an-hody tool with a high degree of flexibility. The user can model a number of different
missions, with varying gravitational bodies, objective functions, optimization variables, constraint
options, and levels of fidelity. Additionally, it can model multiplacgzraft, as well as optimize for both
constant and variable specific impulse trajectoriesp&nicusemploys multiple shooting and direct
integration methods for targeting and state propagation.

2.2 AdAstra3DTraj

The Fortran code AdAstra3DTraj was writien Ad Astra Rocket CompafpARQ( for a direct 3D
trajectory simulation. It employgariousnumbets of gravitational bodies and customade navigation
strategies, including variable specific impulse. It also allmwvsimple parametric scanand limited
optimization.

2.3 Chebytop

CHEBYT®Hs an analysis tool that optimizes omay trajectories between planetary bodies. It is used

as a preliminary design tool for missgmsing electric propulsion with constant specific impulse.
CHEBYTOP uses Chebychev polynomials to represent state variables, which are then differentiated and
integrated in closed form to solve a variafthegust trajectory. This solution can then be uséal
approximate a constant thrust trajectoryWhile it is considered a loWdelity program, it is highly

valued for its ability to rapidly assess large trade spaltéds.written on Visual Basic macros with Excel
GUland graphics.

2.4 OptiMars

OptiMars” is a variable Isp Earth Mars transfer optimizer of very low fidelity. The software was
developed in 2000 2002 at University of Maryland. It assumes polynomial expression for the
acceleration. The positiors the planets are not considered, so transfer is optimized between Earth
and Mars orbits.

25 HOT

The HOTHybrid Optimization Technique) softw&te® is a Fortran code written at NASA JSC. It uses a
numerical optimization methodased on thecalculus of variationgor minimizing a performance
function describinga mission trajectory with variable specific impulse. Hiulatesinterplanetary
maneuverdy integrating equations of motion and equations for Lagrange multipliers

20f24
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Section 3. Typical Parameter Assumptions

The following parameters and assumptions are typically used throughout this paper unless specifically

stated otherwise The mass budget can be presentedMg= Mp + Mp + M1+ Mga+ My, where Mpis
payload massMp is propellant massMpris progellant tank mass (assumed to I8l M), Mgal' s
max(P)is the mass of solar arraysandM;T' 1P is themass ofVASIMR@hrusters, whereh g,is the
massto-power ratio for the solar arrays ikg/kW, andsimilarly,h; is the masgo-power ratio for the
thruster package including all power handling equipment.

RPN Y AdaAizya AYyaARS (GKS 9FNIKQa 3INI BAGEGA2FI f
levels ranging from 109500 kW. The nominal parameters for these missions are a specific imigyllse,
of 5,000 swith atotal massto-power ratig h =hgab +, of 10 kg/kW.

For robotic or cargo interplanetary missions, we consider VASIMR® power levels ranging Srdmni
The nominal parameters for these missions are a specific implgisef 4,0000r 5,000 swith a total
power efficiency /1, of 60%,and a mass$o-power ratig h (total), of 4 kg/kW.

For human interplanetary missions, we consider VASIMR® power levels ranging fr@@01dW. The
nominal parameters for these missions are a variaplecific impulsels, from 3,000 to 30,000 with a
total power efficiency,s1, of 60%,and a mass$o-power ratig h (total), less than4 kg/kW. A nore
accurate VASIMR@nodel, considering the power efficiency to laefunction of specific impulse and
power, is beyond the scope of these studies

Section4. 0 OAPT OEOET T ET ¢ O OEA %ACA 1 £
A VASIMR®owered transfer from LEO tthe EarthQ &phere of Influence (SQis different than a
chemicallypropelled Earth departuréecause othe low-thrust nature of an electd propulsion system
The low, but steadythrust onthe spacecraft leds to a spiral orbit withincreasing radiuso reachthe
SOl

IMLEO = 4.0 mT; Power = 200 kW; Eff = 60%; ISD = 5000 sec

Inclination Change &EO AItltuQe = 37'0 km; LEO Inclmaﬂqn =516
Second stage: changin lination

Figure 1 shows an examplef a Time = 70.1 days
low-thrust Eath departure spiral —[EcHSSSEERLTERY

(in red) followed bya 51.6 degree Earth Altitude = 189840.2 km
plane change (in green) using Earth Inclination = 14.0°
200 kW  VASIMR® system
propelling a 4000 kg IMLEOnitial
Mass at LEO)payload. The
AdAstra3DTraj code was used fc
the direct simulation without full
optimization. The planechange is
executed when the orbital velocity

is the lowest at the end of the
spiral, to minimize the propellant Figure 1:Example Earth departure and plane change trajectory, in this case i
required for the maneuver 200 kW VASIMR® propelled spacecraft weighing 4000 kg at LEO.

4.1 Departing LEO with

30f24

a LK

%A O(



JSC- 65825

The main advantage of this type of Earth departure stage is the dndl hence mass savings for the
propulsionsystem. Irthe example scenario, less than 600 kg of argon propeltamsed to put a €00

kg spacecraft on an Earth escape trajectory. The continuous operation of the VABIMR® ako
allowsan optimized plane changmaneuverat any altitude. This in turn allows for more flexibility in
the initial launch location andesults ina less severe payloadeductionif the spacecraft is launel

from a high latitude location on Earth. Tlsow spiraling nature of the VASIMR®r trajectories
departing the Eartlalso enables mission operators to perform vital spacecraft system and health checks
for weeks during the initial sgl. If a problem is discovered, a high value spacecraft could be put into a
parking orbit for later evaluation, docking, return, or repair.

4.2 Lunar Tug

Large quantities of equipment and material must be trgo$ed from the Earth to the Moorfor
ambitious programs ofunar exploration. If transit times of several months are acceptable for cargo, a
reusable VASIMR® tug allows roughly twice as much payload to be delivered to thedéooiemical
systemwould require for the samenitial mass in low Eant orbit (IMLEQ This implies cutting the
number of heawyift launches andheir associated cost in ha#fnd amortizing the cost of the tug over

the many years that cargo is deliverbetween LEO and destinations neéhe Moon

EELV launches CDV into 500 km orbi, OTV separates and returns fo LEQ
followed by rendezvous with OTV
1 mT of Argon, transferred fo

IMLEO =252 mT (6 + 19.2) - e
OTV: 6 mT (dry) CDV:19.2mT
M =144 mT (252-38-6-1)
R I <
N O P S % 3
5 7 N discard argon tank,
! other CDV structure
: \‘Am =1.5mT
| ) [
\y . f /
\ 7 ¥
\ N s mye=129mT
O @ (14.4-15)
< 4
spiral from LEO to LLO: Mass transferred from

LEOtoLLO: 129 mT

AuRa000mis: (Edelbaury) 67% of mass launched to LEO

M _ aviv reaches LLO as useful cargo
Mass reaching the surface as
o SU00HI00 _ o a4q ¢}

useful cargo will depend on
performance of the lander.

Fiaure 2:VASIMR® Transfer from LEO to LLO
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The following mission assumptions were used for the simulation: input power provided by solar panel
cellsP = 500 kWVASIMR®ower efficiency? = 60 %]s, = 5000 secIMLEO= 25,200 kdincluding both
OTV and CDQV

Figure 2demonstrates a possible Lunar Tug architecture. It was assumed that an Evolved Expendable
Launch hicle (EELVdelivers a large Cargo Delivery Vehicle (Cb¥ 500 km orbit, followed by
rendezvous with a VASIMR@ ¢ SNBER hNBAGIf ¢ NI yaTFSODV tradfels@DE O h ¢ +
between a 500 km low Earth orbit (LEO) and a 100 km low lunar orbit (LLO) and returns to LEO. For low
thrust spiral trajectories without a plane change, tb¥ is the difference between the initial and final

circular orbital velocitids”, which is 8 km/s for this missipmcluding both the spirals around the Earth

and the Moon From the rocket equatigngiven inFigure 2 the VASIMR® could deliver the 14 mT

payload within 6 months, using 3.8 mT of propellant. For comparison, a chemical propulsion system

with specific impulse around 450 s can only deliver 5.7 mT payload for the same initial mass placed in
LEO.

Figure 3:Copernicus Simulatiaes of VASIMR® Transfer from LEO to LLO

Figure 3 shows the trajectory, calculated by the Copernicus code, in the Earth frame of reference. The
trip time is 178 days, the propellant used i840 kg, and both numbers are very close to the estimates.
Figure 4 shows #1 same mission trajectory in the rotating EaNfoon frame of reference, in order to

show both spiraling from LEO and-sigiraling to LLO. For this case, the inclination change was not
required. Copernicus uses four consecutive segments for the trajgceach of them matched at their
connecting endpoints with respect to position, velocity, mass and time. Thafiddbngest segment is
spiraling from LEO with the thrust vector directed along the velocity vector. The duration of the first

50f24
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segment is oe of the optimized variables and calculated to be 140 days and it requires 3,020 kg of
LINR LISt £ | yi o ¢tKS SyR 2F (KS aS0O2yR asS3aySyd Aa GF N
(relative to the Earth) closest to Earth. It lasts 3 days andimes| 75 kg of propellant. Copernicus
optimizes the direction of the thrust vector in the second and third phases, as well as the transition
times between all phases. The third segment, capturing the payload in orbit around the Moon, lasts 5
days and reques 105 kg of propellant. A fourth, optional segment performssgliealing maneuver
with thrust directed opposed to the velocity in preparation for landing on the Moon by chemical means.
Copernicus calculates the fourth and third segments backward frb@ and connects the ends of the
second and third segments iteratively. Thisspgraling maneuver requires 30 days and 640 kg of
propellant.

Figure 4: Lunar Tug mission featory in the EarthMoon Rotating Visualization frame

60f24
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Section 5. Robotic Missions BAUT T A %A OOE&6 O 3PEAOA

5.1 Cargo Delivery to Mars

A parametric studyof cargodelivery to Mars with2 MW of power anda total specific mass &f T
kg/kW (power +VASIMRRwas performed usinthe OptiMarscode with the variable Ispptimizer, for
anIMLEO= 20 mT The parameter varied was the miinum allowed specific impuls&he frst segment
of the mission is thepiraling from LEO witan initial altitude of 1,000 km tothe EartrQ 801 Forls, =
4,000 secthe spiraling takes 27 days and requires 3.7 mTrabgllant. Figurés demonstratesthe 80
day heliocentrictransfer from Earth to Mars orbi The arrival speed was constrainexdbe 6 km/sec,
assuming that aerapture will be used for payload delivery to the Mars surface.e Time varying
profile for the specific impuksdetermined byoptimization isshown in Figur&. A maximum technology
limit of 30,000swas used fothe specific impulse dhe VASIMR®ngine. The coasting time is about 10
days. For the optimized profile of the specific impulsdghaiminimum Is, of 4,200 secthe heliacentric
transfer requires 3 mT of propellant. So, fréLEC= 20 mT the total mass budget can be presented
as 8 mT for power and propulsiqgiius 7 mT of propellanend5 mT of @yload. The total duration of
the mission is about 3.5 months.

START(Earth)  Stattmass, mT | 16.339173  total Power, Mw | 2 NU, % | 60 Isp MAX, sec 30000 Alf, ka/kiw |4 Time SUM, day |80
RO, 10°6 km | 149.8864 Vi0, km/sec 0.0 Vfi0, km/sec| 32.4011¢ Fran
ALF_out, deg |10 SET
Al425 pla7 ||: [i24 p[31T g3 [r 0.00079 PreSet
x=t/Tsum, ar={A+Bx)F, an=[Cxl+Dx+eE)F initial program

Scale [0.001 i Calculate ‘

& [ anl5 [ = I Auto Calculate

[

\\
NN
‘ : ‘ ‘ ‘

UTsum=0.75  Ae1.85 W0.001m/sec?  SET =| &
R=207.810°6 km V=242 km/sec fi=14.42°
ML=5 074.0 kg Mp=3 265.2 kg 20.91449376654
V_rel=5.966 km/sec Integral(a?)dt =36.68m?/sec?

Optimization  Vaiation of acceleration [g7  #0.001m/sec?

Purpouse

5 = = [65
_VeMIN_ MLsconst | MLt Oz
V=const ML=Max V/m/sec=|6000

Figure 5:OptiMars Simulation of helio transfer from Earth SOI to Mars orbit
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The results of the parametric TR -
study are shown in the Figure e N ] .
for the samelMLEOin all cases 24000 al : SR
and varying miniram ls, If the 7 B NI | Lol
minimum I, is increased fim =2 \\ E
4,200 sec to 6,200 sec, the tote ~ e - \ L IS
trip time goes up by 14 days bu £ }\ \ o
the amount propellant required g 4 |- \ L 0000 §
goes down by 1.7 mT, so mor :__g = / E
payload can be delivered. g o v S o001 g

(7] N

6000

5.2 Mars Sample Return " [ [
The International Mars =
Architecture for the Return of g 240

Normalized Time, /T,

arr

Samples (IMARS) Worki@roup "
has conducted extensive studie Figure 6:Variable Isp profile for OptiMarseliocentrictransfer simulation

on Mars Sample Return (MSR
7000 -

missions using chemica
propulsion technology*”. In this . e
section, we investigate the use 03 //
VASIMR® thnology to § 6000 // /
accomplish a MSR mission that ;%‘ / //

e H - 5500
a modified version of the oneg L™ [—=Min Isp [sec] /
proposed by the IMARS Workin g o / ——Payload Mass [kg]| 1

[
Group. £ e
. . . = 4500 //

This analysis is based o e
reasonable values for the specifi .
mass for power levels in the rang 107 109 111 113 115 117 119 121
between 100 and 500 kW. Thi Trip Time [days]

calculation Wasp-erform.ed. .usmg Figure 7: Changing Minimal Isp and Payload Mass as a function of Trip Tim
Chebytop assuming an initial mascargo Mission to Mars

in LEO, IMLEO = 19,000 kg

including 4,880 kg of payload fixed, leaving 14,120 kg for the OTV and prop@&tamer received from
solar panel was assumed to depend ostalice to the sun as1/R. Figure 8 illustrates the various
stages of the mission

1) An Atlas V 552 puts 19,000 kg into LEO at an altitude of 500 km. The spacecraft includes an OTV with
a VASIMR® thruster, 2080 kg Mars Lander (ML), and an 880 kdHE&antry Vehicle (ERV The masses
for ML and the EEV ataken from theMSR missiodevelopedby the IMARS Working Group.

HO ¢KS aLJI OSONI FG &LIANIf& dzLJ FNRY [9h G2 GKS 9 NI

3) A heliocentric transfeio Marsis performed.

8of24
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4) The 4000 kg Lander is ejected just before the spacedsafiins its Mars orbit insertion. The Lander
follows a direct descent path, just as it would in the chefme&sion.

5) The OTV spirals down to a low Martian Orbit (LMO) with an altitude of 500 km.

1. Atlas V 552 puts 19,000 kg into
500 km LEO; OTV carrying 4000
.-~ kg Mars Lander and 880 kg
e Earth Entry“vghicle

5.  OTV spirals down
to 500.km LMO

3.  Heliocentric transfer to Mars

OTV spirals up

from LEO to
Earthos S 4.  Lander separates

to make direct '\
landing AN

Earthsor . TT===T

925,000 km radius Mars SOI _
577,000 km radius

Figure 8: VASIMR® MSR Scenario: Earth to Mars
Figure 9 shows the 30 kg sample return with the following phases:
6-7) Thesample container (30 kg) is returned to LM&here it rendezvous with the OTV.
8) The combined packageirals up to reach the Mars SOI
9) A heliocetric transfer returns the OTV and sample back to the Earth.

10-11) The 910 kg package, including the EEV to land the sample on the Earth is ejected fromake OTV
it begins its Earth Orbit Insertion, so that the sdepontainer lands on the Earth and the O3pirals
down to Low Earth Orbit.

.- 10. Earth Entry Vehicle separates 7. OTVfinds and captures sample container
e from OTV for direct landing - S~
,/ P \\\
/) 8. OTV spirals up to Mars SOI “\
7 PR =~ < \
II ’ 2 ‘\
1 1
! 9. Heliocentric transfer to Earth ! Y
' |
\ '| 1
\ \ N
\ \ ’
\ \ ’
\ \ ’
N , A ’
11.- OTV spirals down to LEO from Earth SOI AR /’
EaFtH-SOI 6. Mars Ascent Vehicle launches sample - ----~" Mars SOI

container to 500 km Mars orbit
Figure 9: VASIMR® MSR Scenario: Mars to Earth

Figure 10 summarizes key results for this typenssion with different power levels.
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Figure 10: Power Scan for MSR Mission. For each power valuewagetrip times (and propellant mass) were minimized.

The power atl AUwas varied between 100 kW and 500 kW. The-oag trip time was minimized fo
each power level. The results of the parametric scan are demonstrated in Figure 10. The parametric
scan used the following values of input parameters:

1 Total power efficiency?= 60 %
Specific impulsds, = 5,000 sec,
IMLEC= 19,000 kg,

LEO altituddr go= 500 km

Mars altitudeR o= 500 km

Minimal stay time on LM@& 4 months.

Lander Mas$!, =4 mT

=A =4 =4 4 4 -4 =9

Propelant Tank masMpr= 0.1 M
1 Initial mass for LMELEO segment = final mass of LE@Osegment¢ M, ¢ Mpr

In summary, a Mars sample return mission is possible at any power level between 100 kW &\ 500
(at 1 AU). As Figure 10 shows, the roundtrip time decreases with increasing power switistantial
decreasefrom 6.1 years at 200 kW to 3.7 years at 250 kW and a relatively slow decrease for power
levels between 250 kW and 500 kW (down to 3.1 yeaild)e reason for the big decrease in trip time
just less than250 kW is that the LMO stay time is not monotonic function of power. For low power
levels (10200 kW) the LMO stay time increases from 0.4 year to 2.1 years, but for 250 kW of power,
the staytime can be reduced to 140 days due to the effect of the relative position of Earth and Mars.
The conclusion is that the optimal level VASIMR®ower for the MSR mission is 250 K&t 1 AU),

100f 24



JSC- 65825
requiring a round trip time of 3.7 years, including 140 daytw Martian orbit. The mission can be
performed for specific total powef, f H m . Righer powé&r$ can make the mission slightly faster,
0dzi NBIjdzZANB YdzOK Y2NB LINRBLIStflyd FyR YdzOK f 246SN
accomplished within 3.§ears but requires totdl £ vy . {The optima] tfajectory for 250 kW (at 1
AU) is shown in Figure 11 for the transfer from Earth to Mars and in Figure 12 for the return from Mars.
Thus, a 250 kW Mars Sample Return mission using a VASIMBI® to accomplish the mission in 3.5
years, about the same as using chemical thruster technology, but requiring much less propellant
launched into LEO. uRher optimizationof the missioncan be acomplishedassumingvariable specific
impulse and Copernicus simulations.

— e =

/f{’ ~ " Deceleratinf: 152 da}
Helio Transfer Arriy, {27 Apr 2021/

\

-

\ Coasting: 31 days

"\
AN

==
1331

/

/
/
/
0. ./
N /
-15 - -05 05 L¢
/
7/
Accelerating: 147 d3/5
05 > ;1‘
Power 250 kW (at A AU) el
A~ > 4 ass balance [kg]:
stage Trip time ropellant //’ Mass at LEO [ka] 19000
Spiraling 227 days 370 kg O _ —Propettant (LEO-LMO) 5250
Heliotrans 330 days 3 kg Tank 530
Despiral 203 days 812 Lander (PL) 4000
Total 760 days 5250 kg
5 . 18 O ZBTOLED) TN\ / Mass at LMO 9220
eparture C . .
Arrival 16 Nov 2021 (LMO) Helio Transfer Departure: 1 June 2020

Figure 11: From LEO to Mars: 250 kW
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asting: 87 day§
\
/ 5’/1" ﬁy\&eceleraﬁng: 122 days

/
/
/

Helio Transfer Arrival: 28 Mar 2023

/
Acgeleratings 61 days.

55
) Helio Trangfer Departure: 1 Jdly 2022
Power 250 kW (at Earth orbit) /
stage Trip time Propeflant \4 Mass balance [kg]:

Spi_raling 87 days 493 kg Mass at L MO 9220
Heliotrans 270 days 1361 kg Propellant(LMO-LEO) 2740
Despiral 82 days 886-kg Tank 280
Total 439 days 2740 kg \—I; EEV with Mars sample 910

Departure 5 Apr 2022 (LMO) = Mass at LEO 5390
Arrival 18 Jun 2023 (LEO) Total Alpha 21

Figure 12: From Mars to LEO: 250 kW

5.3 Enhancing Solar Powered Capabilities to reach Jupiter

In this section, wexplore the concept of a reusable VASIMREIF OS ONJ ¥ (i D@ kg éolbkicl | LJdzf G
payloads to Jupiter using HohmanHike transfer The intent of this studysito identify the mportant

parameters forejecting the payload and returning the VASIMR® system back to Earth for additional
payloadsin reasonable periods of time The operational parameters of interest are thewer level,

propellant mass, payload release poiatd distance of closest approh tothe Sun to gain additional

solar power. Optimization based on variable specific impulse is needed to fully explore this concept.
However, two calculations at fixespecificimpulse within the range of VASIMR® capabilities, one
assuming 00 s andanother assuming 800 s, demonstrate the advantaged variable specific

impulseand indicate the direction for possible futuséudies

The mission is based on the assumption thatthmpultspacecraft YR A G & LI} &8t 2FR 06S3AAY
sphere of infuence (SQIO2 I AadAy3a Ay (GKS 9 NI R/ASIMRENEHMY SKQ&2 dzi?2 ¢ &
rating must match the peak power available when the spacecratft is closest to the Sun. The solar array is
assumed to be a planarray rather than a concentrator, to simfy its operation near the Swvyhere a

concentrator might otherwiseverheatthe photovoltaic cells

The MESSENGER space@rpfovides a starting point fazstimating the mass of variossb-systems of
the VASIMR®&atapult which will make repeated flights from low Earth orbit to theemsolar system.
MESSENGER is expectetiawe a lifetime of apmximately 10 years in this type ehvironment. The
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VASIMR® atapult will have similar regrements for communications and Guidance, Navigation and
Control (GNET The mass budget of the Catapsfiacecraft is shown in Figut&.

[ solar array an =18 kg/kw; P =power @ 1 AU; range 200 kW to 1 MW

VASIMR engines | a;=5kg/kW; thruster power = power at closest approach to Sun

avionics 100kg )

thermal 400 kg

communications 30kg
ejector > based on MESSENGER spacecraft total:

GNC 35 kg 700 kg (this quantity is fixed)
docking 100 kg
propulsion
(arcjet) 35kg _/
harness 10% of sum of other components of the ejector (dominated by
VASIMR engines and solar array)
structure
launched to Argon mass depends on trajectory i expect several thousand kg
rendezvous Argon
and dock with propellant
ejector in LEO pay|oad Assume 4,000 kg

Figurel3: VASIMR® Cault: Starting Point for Mass Relations

The mission trajectorywas studied using the AdAstra3DTraj code and considery the { dzy Q a
gravitational field. The mission begins wékleceleration phase frorthe Earth SOWith an initial mass
there (MSO) of 22 mTwhere the solar paned provide power, Pzan = 500 kW,with a propulsion
efficiency of the VASIMR® of 60%. Two options for constantpecific impulse were considered, one
with Is, = 4,000s and another withls, = 5,000 sec Several iterations were performed to find out the
optimal distance for switching from deceleration to acceleratiamd then a reurn of the Catapult
AL OSONI Fid. 2 9INIKQ&a {hlL

5dz2NAy3 (GKS | OO0OStSNIXiGAz2y LKFaSs GKS 2NbAGEE StSYy
changing. In particular, the aphelion distance grows larger. As soon as the instantaneous aphelion
matches thesemimajor ad & 2 F WdzLJA § SND & 2shabld bie Yeleasdds andidtiaii A O LI &
will coast to Jupiter. After the payloadrieasel> G KS / | i | Lldzs thedéhanged todiegin @S O 2
its rendezvous wittarth.

When theenergyneeded fa ejection isreached the payloadwith a mass oMp= 4 mTand the empty
propellant tankwith an assumed mass bdf+= 0.1 Myisreleased fronthe VASIMR® CatapuliVhen the
payload is released, the Catapult immediately directs its thrust opposite tweitsdty vector to

decelerate until the instantaneous aphelion distance is reduced dpproximately 1 AU thereby
initiating its rendezvous with the Earth for reuse.
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Anoptimized Jupiter catapult trajectory fgst consideredasshown in Figuré4, for Is,= 5,000 sec
Below arethe missiondetails which were calculatedvith the AdAstra3DTraj simulations

Power___ = 500 kW, Power__ = 1800 kW
Efficiency = 60 %, 1_ = 5000 sec

IM__, = 22.0 mT, Payload = 4.0 mT
VASIMR = 2.7 mT, Solar Panels = 2.7 mT

Earth Time = 1035.5 days
Distance = 5.20 AU
Propellant = 11493 kg
Power = 300 kW

- ;
Y0 2 4 & 8 1012 14 16 18 20 22 24/26 28 30 32 34

Figurel4: Jupiter Catapult mission trajectory for Isp = 5000 sec

Phase 1shown in redjs adecelerationphaseto begin aclose solar paswith the thrust vector, A,
directed perpendicular tdghe radius vector R Observations of severainsulationsindicatedthat this
was the best strategy to get close tioe Sun using aminimal amount of propellant. The end time for
the first phase wasalsooptimizedby trial and erroto accomplisithe mission with minimal propellant.
Phase 1 ends atdistance fromthe Sunof R.,q=0.66 AUafter Te,q= 132.7 daysisinga propellantmass
of 3.6 mT.

Phase 2 shownin green is an accelerationphase neatthe Sun with high solar poweiand the thrust
vector parallel tothe spacecrafivelocity. The closest approach to ti8unis R,, = 0.452 Albluring this
phase Phase 2 endshen the specific ermmgy reaches the level needed for the payload to get to Jupiter
at R.,g = 0.581 AU, ;g = 181.8 daysrequiring an additional 3.5 mT of propellant, so that the total
propellant usage in phases 1 and 2 is 7.1 mT.

Phase 3ashownin red, involvesonlythe releasedof the 4 mTpayload whichcoaststhe rest of the way
to Jupiter at 5.2 AU aftet,036 day ¥ (2 (| € GAYS FNRY RSLI.NLGAY3I 9 NI K

Phase 3balso shown in red, describes tdecelerationphaseof the 0.8 mT VASIMR® Catapult stait
begin its return to near Earth The thrust was directedearly opposite to the velocity vector with an
angle which was optimized iterativelf.he optimal valuangle(A,V)=165minimizespropellant usefor
the return tothe EarttQ 80! The phase ets whenthe specific energy reachdbat of anEarth orbit at
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distanceR =1.179 AU after 231.4 daysusing an additional 1.B1T of propellant Theremainng phases
are then performed with thrust directed orthogonally to velocity, so the specific enafggs not
change.

Phase 3cshownin light blug isa maneuver to returtthe catapultto the Earthwith the thrust vector, A,
orthogonal tothe velocity vectorV, andtoward the Sun, ending at 1.452AU, after a total of 279.2 days
using an additional 0.6 ndr propellant

Phase 3dshownin gray, isa simplecoastingphase to 1.478 AU after a total of 359.2 days.

Phase 3gshown in magentds a maneuveturning away fromthe Sunwith thrust vector, A, orthogonal
to the velocity vectorV, oppositethe Sunto rendezvous at 1 AU after a to&09.5 daysusing an
additional 2.4 mT of propellant. The cumulative propellant usagé.BEmT

To illustrate the effect of specific impulsa the technology requirements for the specific mabe
catapult mission warepeated foia lower specific impulse wittsp = 4006 usingthe samemaneuvers
The results fromthe AdAstra3DTraj simulatiorad 4000s are:

Phase Ends atR.,q= 0.9 AU after80.7 daysusing2.9 mTof propellant

Phase 2nds atR.,q= 0.729 AUwith a closest approach to the Sun at 0.657 AU, after a total of 157.4
days, using an additional 4m8T of propellant

Phase 3alelivers the payload t&..,q= 5.2 AU after a total 0fl,057 days

Phase 3lwith angle(A,V)=15tnds atR.,q= 1.156 Alafter a total of 210.8 days, using 2T of
propellant

Phase 3ends atR.,¢= 1.27AU) after240.3 daysusing 0.7mT of propellant
Phase 3doasts to an ending radiag R.,g= 1.121 AUafter 363.3 days

Phase 3&nds atR.,=1 AU after a total 04068 daysrequiring an additional 1.3 mT of propellant,
such that the entire mission usé&4.6 mTof propellant

One advantage of lowering the specific impulsem 5,000 s to 4000 sis a relaxation in technology
requirements fromt ' ¢ ®for 50 sdoAds toh 'y O for 400D secdnds. Howevehe
efficiency of the VASIMR® system may be more challenging for lower specific impusiglition, the
mass of the propellant to return to Earth is significant, so missions withoaturn to earthcan hawe
larger, ormultiple payloadsoffering options for future study.

The primary result from these two studies @ifferent fixed specific impulse is that the initial phase
needed to release the payload on its way to Jupitan be performed with Z. mT using ®00 s, but
require 7.5 mT at £00s. Alternatively, the return of the catapult spacecraft to the Earth for future
reuse can be performed with 4.1 mT of propellant using a specific impuls@Gff 4 whereas the return
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phases require 4.5 mT ing a specific impulse of@O0 s. Clearly, varying the specific impulse between
the out-bound and return maneuvers can result is significant savings, warranting further study.

Section 6. Fast Human Missions to Mars with Variable Specific Impulse

In this section weassume that very high power sources are available, such as mighddsible with

advanced nuclear power technology. With ample power for interplanetary missions, the VASIMR® can
significantly reduce launchhass and trip times compared witbhhemical thrster technology. Atthe

200 megaWwatt power level, human missiorte Marsin less than39 daysbecome conceivable with

advanced VASIMR® and power technologi&ip times to Mars on this time scale wengentioned as a
laudablegoal forNASAby its administrator, Charles Bold€h in July 2009because they dramatically
AYLINRE @GS | ONBgQa a dzNerpiheta Spade &nvitonfmntirthistsEotiod, wa y (1 K S
presentconceptual studies showing the dependence of the trip time onitfital departure position,

initial massat the departure position, mass of the payload, variafpecific impulseandthe massto-

power ratiofor the power and propulsion system3he return missiolis not presentedn this report.

6.1 Human Mission to Mars using 12 MW

The variable specific impulse made possibl&/BBIMR&chnologies can be fully appreciated for multi
megawatt interplanetary missions. These studies were conducted using th&'{fsoftware package

and demonstrate the possibility of 128 MW missions aiving at Mars within 3 months, about half

the time estimated inthe Design Reference Mission (DRM)"8,0which utilizes Nuclear Thermal
Rockets for transferring to Mars. The mission analysis assumed tke satae payload mass delivered

to the atmosphere of Mars (60.8 mT) at the same velocity for aerocapture (6.8 km/s) as in the DRM 3.0
for the crewed portion mission witVASIMR®&ngines. The crew time in space could be reduced by
about one month by rendezwusing the crew with the VASIMBR®wered spacecraft in high earth orbit

after the main vehicle had passed through the Van Allen belts.

For this mission cargo must be pdeployed both in Martian orbit and on the surface. In the DRM, one
rocket transfers tie cargo lander and another transfers an earth return vehicle with a living habitat for
the crew to Mars. The total mass of those payloads is 91.4 mT as outlined in the DRM 3.0 (including an
aeroshell for the cargo lander sized appropriately for entry ¢igfp. TheVASIMR@nission proposes
combining both payloads plus the return propellant on one vehicle to save propellant on the outbound
journey. AVASIMR®ystemwith one third the power4 MW, compared to the 12 MW of the crewed
vehicle transfers thepayload more slowly, requiring al54 day spiral plus 288 day heliocentric
transfer, but uses one thirdessinitial mass with anMLEOof 202 mT, compareavith 282 mTfor the

DRM. The return habit is stored in orbit at Mars, as in the DRM 3.0, waitinlgegdviars ascent vehicle

and the crew for the return trip.

The crewed spacecraft departs LEO on May 6, 2018. The ship initial mass in LEO is 188 mT. 12 MW of
electric power is assumed for the duration of the trip with a total m@spower ratio of a=4 kg/kW
which includes the nuclear power suppWASIMR®and all other vehicle mass except propellant and
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propellant tanks. Therefore, the Crew Transfer Vehicle (CTV) mass is 48 mT plus the propellant and
propellant tank mass. The mass breakdown far 60.8 mT Mars Lander (ML) is assumed to be 31.0 mT
for the habitat, 13.5 mT for an aehell, and 16.3 mT for a descent system. The CTV, mated to the ML
(Mars Lander), will transport the crew to Mars. The speed relative t®theNII K A &4 H®p | Yk a
gravitational sphere of influence. Figure 15 shows the piloted mission trajectory and Isp profile.

The MLwill separate from the CT¥t Mars arrival. The landds designed to approach Mars with a
relative velocity of 6.8 km/s and execute a direct descent to the surface. The Lander descent maneuver
is identical to thatoutlined in the DRM The CTWill initially execute a flyby of Mars, close enough to
drop off the ML The CTV will continue past Mars in an arcing trajectory to be captured by the planet
approximately four months later. The approach to Mars and thiptedal spiral to low Martian orbit

(LMO are shown in Figure 16.
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Figure 15: Human piloted heliocentric transfer with Isp vs time plot (right)

The separation of the Mlfrom the propulsion system at Mars arrival and its direct entry are
operationally reasonable based on the Design Reference Mission. The delay in achieving orbital insertion
of the interplanetary propulsion module at Mars, results in considerable fodltame savings. While

some risk is involved in this approach, the crew has a possible backup because the Cargo Vehicle in LMO
contains the Earth Return Vehicle and the return propellant, as well as a fully functional, eeit |

power, VASIMR®@nodule. This configuration could be used in a contingency, should the prime
propulsion system fail to achieve LMS8uch an option will result in a longer return trip time.
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Figure 16: CTV arrival at Maasid subsequent capture 131 days later (left) andldy spiral maneuver into low Mars orbit
(right)
Upon arrival at Mars, the Cpvopulsion module will dock with the Earth Return Vehicle and propellant.

The cargo enginand reactor package can be released after docking and left in Mars orbit. A common
docking mechanism will allow the Earth Return Vehicle to mate with thep@pulsion module.

Figure 17: CTV spiral departure fromaké and return heliocentric trajectory. The spiral lasts 4 days and the heliocentric
transfer lasts 85 days.

Ascent from Mars to the Return Habitat is accomplished with a chemical ascent capsule, as in the DRM
3.0. This capsule stays attached to the @Uiking interplanetary flight and is used for direct descent to
the Earth surface. Since the capsule is designed foremtrg at a relative velocity to Eartbf 6.8
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